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carried out in Excel and Patran/Nastran.  
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Aircraft design involves functionality (i. e., performing it’s functions), 
economical efficiency and, the last but not the least, safety. Thus, static strength, 
durability and fatigue requirements are incorporated into the FAA regulations. The 
airplane and it’s components must comply with these requiements. 
Since a large and complicated component (fuselage frame) is considered, it is 
necessary to use sophisticated methods in order to get sufficient analysis precision 
while not making the job overly time-consuming. This is the main reason why FEA is 
widely used in this dissertation alongside with iteration approach.  
While designing a new component it is necessary to consider earlier 
configurations as they may highlight ways to get the solution. Also, consideration of 
earlier concepts allows to avoid decisions that are dangerous, time consuming and 
risky from a financial  standpoint.  
The dissertation is devoted to a non-cylinder passender airplane fuselage frame 
design, static strength, durability and crack growth.  




1. DEVELOPMENT OF AIRCRAFT DESIGN 
The design methods presently used for aeronautical structures must guarantee 
the absence of catastrophic failures for their operating life. 
A first method was the Safe-Life - replacement of the component after an 
established life. This applies a safety factor to the mean life of the structure, but doubts 
can remain about the number of tests performed to establish the mean life and about 
the correctness of the safety factor because it doesn’t consider the data scatter factor. 
The Damage Tolerance approach – the structure must “tolerate” a crack until a 
planned maintenance action can find and repair it), [1], is based on the identification of 
the worst among the possible situations; the phenomena involved have a statistical 
nature, and the structure must be verified under the most critical condition. 
A disadvantage concerned with this approach is that, by joining the probabilities 
of the more unfavourable events, an excessively low probability of failure (POF) 
results, appreciated from the safety point of view, but extremely penalising from the 
point of view of weights or costs. 
With the development of reliable fracture mechanics analysistechniques, it 
became possible to relate detectable damage,  damage growth, and critical damage size 
to establish inspection methods and frequency required to maintain safe operation. 
FAA regulations for damage tolerance were published in 1978 . Implementation of 
damage tolerance verification requirements encouraged application of contemporary 
engineering methods to determine inspection thresholds and intervals for fatigue 
inspection programs while complementing the use of fail safe design principles. Up-
front use of these techniques in recent models has significantly influenced the design, 
including the structural arrangement, materials and stress levels, accessibility, 
inspectability, and repairability. 
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These techniques also enable development of candidate inspection techniques 
and intervals to ensure their feasibility and reliability when implemented at an 
appropriate threshold in the airplane service life.  
In addition to residual strength evaluations, damage growth and inspection 
requirements with considerations of damage at multiple sites were incorporated in 
Amendment 45 of FAR 25.571 for new airplanes and in CAA Notice 89 and AC 91-56 
for of supplemental inspections of aging airplanes. 
Damage tolerance is the ability of structure to sustain regulatory loads in the 
presence of unknown fatigue, corrosion, or accidental damage until such damage is 
detected through inspections or malfunctions and is repaired. All primary flight-loaded 
structure must be designed to be damage tolerant. This requires that the structure have 
sufficient damage growth properties and detection characteristics so that if damage 
were to develop at single or multiple sites, normal specified airline inspections would 
ensure that the damage is found before the crack reduces the residual strength 
capability of the structure below limit load. This requirement, in conjunction with the 
fail safe requirements is essential to provide the most comprehensive assurance of 
continued safety throughout the service life of an airplane.  
All primary structure must be designed to be damage tolerant, as described in 
FAR 25.571(c) . Damage detection by being obvious and/or  evident is preferable to 
damage detection by planned inspection for maintaining residual strength capability. 
Now let's look at how aviation history has evolved. Only Static Strength was 
performed until 1900’s. In 1940’s was added Safe Life approach and was changed to 
Fail-Safety in 1955 after Comet catastrophe. 




1.1. Comet catastrophe 
Figure 1.1.1 Part of airplane 
The de Havilland Comet 1 Aircraft aircraft experienced a series of breakdowns 
in flight before it was discovered that the fatigue life of the fuselage was much shorter 
than the tests showed. 
British Overseas Airways Corporation (BOAC) Flight 783, de Havilland DH-
106 Comet 1, G-ALYV 
Near Calcutta, India, May 2, 1953 Flight 783 BOAC departed from Calcutta, 
India, on a flight to Delhi due to heavy rain and thunderstorm with 43 passengers and 
crew. Six minutes after takeoff, rising to 7,500 feet, the plane crashed in flight and 
crashed, killing everyone on board. Investigators concluded that the design of the 
aircraft failed due to overvoltage caused by strong gusts of the storm, or due to the 
pilot's excessive control of the aircraft when trying to fly through the storm. This was 
the first of three accidents that occurred during the destruction of the Comet aircraft 
structure. 
Near Elba, Italy, January 10, 1954, Flight 781 BOAC flew from Rome, Italy, 
with a flight to London, England. Rising 27,000 feet, the plane suddenly crashed in 
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flight and crashed into the Mediterranean Sea near the island of Elba. All 35 
passengers and crew on board were killed. After this accident, the Comet fleet was 
decommissioned and subjected to numerous modifications in areas considered to be 
the cause of an unknown malfunction. The fleet was returned to service at the end of 
March 1954. 
An investigation conducted during a thorough study of the Elba fragments 
showed that the relatively square windows created stress concentrations that were 
significantly higher than expected. These stress concentrations tired the material 
around the corners of the window, which would quickly lead to a rupture of the 
fuselage. 
On May 2, 1953, one year to the day after the maiden flight of the British-made 
de Havilland Comet, aircraft G-ALYV departed Calcutta Airport for Delhi as BOAC 
Flight 783. A few miles out of the airport, the flight encountered a severe 
thunderstorm. While the pilot and air traffic control were both aware of it, the storm 
did not appear severe enough to restrict flight through it. Furthermore, the captain was 
well-qualified, had considerable experience on this route, and had experience in 
similar weather conditions. Just six minutes after take off, while climbing to 7,500 
feet, radio communication was lost. About this same time, witnesses at various ground 
locations saw "an aircraft coming down in a blaze of fire through severe thunderstorm 
and rain" and then crash into the ground. All 37 passengers and six crew members 
were killed. 
The inquiry into the accident, directed by the Central Government of India, 
concluded that the crash near Calcutta was due to "structural failure of the airframe 
during flight through a thundersquall." They determined that one of two possibilities 
caused an overstressing of the plane enough to crash it: either severe gusts from the 
storm, or over-controlling by the pilot because of the storm. They recommended that 
the wreckage be more thoroughly analyzed to determine the primary failure, and that 
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"consideration should be given" to modifying the flying characteristics of the Comet to 
give it more "feel" when loads are applied to the control surfaces. 
 
 
Figure 1.1.2 Comet G-ALYP at Calcutta/Dum Dum 
Copyright Matthew Clarkson - Used with permission 
On January 10, 1954, Comet G-ALYP departed Ciampino Airport, Rome for 
London as BOAC Flight 781. About 20 minutes into the flight, as it was approaching 
27,000 feet, transmission from the crew ceased mid-sentence, indicating a failure of 
the aircraft with "catastrophic suddenness." Witnesses on the island of Elba, Italy, saw 
the aircraft fall into the sea in flames. All 29 passengers and six crew members were 
killed. 
While a crash investigation is normally conducted by the government or 
aviation authority in the country of the crash, it was determined that the British 
authorities would head the Elba investigation. The Comet fleet was grounded while 
investigation began and while de Havilland made modifications "to cover every 
possibility that imagination has suggested as a likely cause of the disaster." These 
modifications were made to address any possible cause of failure including flutter of 
control surfaces, primary structural failure due to gusts, flying controls, explosive 
decompression, engine fire, failure of a turbine blade, and fatigue of the wing. Fatigue 
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of the fuselage was not considered as a cause at this time, nor was a modification made 
to compensate for it.  
As these modifications were made, and while wreckage was still being 
recovered, the British Minister of Transport and Civil Aviation noted "the nature and 
extent of the modifications planned... and whilst the Calcutta disaster is completely 
accounted for... we cannot eliminate that the accident might have been due to some 
other cause which was possibly common to both disasters." Believing the unknown 
cause of possibly two accidents had been fixed during the massive modification 
project, Comet flight was resumed March 23, 1954. 
Just over two weeks later, on April 8, 1954, Comet G-ALYY departed 
Ciampino Airport, Rome for Cairo, as South African Airlines Flight 201, chartered 
through BOAC. About 40 minutes into the flight, while climbing through 35,000 feet, 
the aircraft experienced a catastrophic in-flight break-up and crashed into the sea near 
Naples. All 14 passengers and seven crew members were killed. 
Immediately following this crash, BOAC suspended all Comet flights. The 
Airworthiness Certificate was removed from all Comet aircraft and the fleet was 
subsequently grounded indefinitely. It would take four years for the Comet to conduct 
commercial airline flights again - this time as the Comet 4. 
Very minimal wreckage of the Naples aircraft was able to be recovered due to 
the great depth to which it had sunk - about 3,300 feet. From what was able to be 
recovered, it was concluded that there were no inconsistencies with "the view that the 
accident to Yoke Yoke [Naples] was attributable to the same cause as the accident to 
Yoke Peter [Elba]." 
Fuselage Testing. With still no definitive cause, investigators decided to do full-
scale tests on existing fuselages: unpressurized flight tests on G-ANAV and pressure 
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tests on G-ALYU. To conduct the pressure tests in a safer manner, a water tank was 
constructed to encase the fuselage. The fuselage was submerged and filled with water, 
and then additional water was pumped into the cabin until the pressure inside the 
fuselage reached 1P, the equivalent of flight. This was then cycled to simulate many 
flights over the life of an aircraft. By using water instead of air, water being a much 
less compressible fluid, the test would be much safer and the fuselage would be able to 
be repaired and re-tested as necessary. Had air been used, the results would have 
resembled the catastrophic in-flight break-ups at Elba and Naples. 
Figure 1.1.3 Comet G-ALYU in the water tank for pressure tests. The fuselage failed 
at a corner of e squarish forward escape hatch window. 
  G-ALYU had undergone 1,230 pressurized flights before testing and 1,830 
tank "flights" before the fuselage failed at the corner of a squarish forward escape 
hatch window. This failure was the pivotal evidence needed to turn the direction of the 
investigation towards fatigue. A scale model was next created to test the theory of 
fatigue failure of the fuselage at a window corner. The results were then mapped to the 
crash site near Elba, and a new search area created. At this new location, the aircraft's 
Automatic Direction Finder (ADF) windows, also squarish, were recovered within 
hours. The ADF windows are on the very top of the fuselage, just forward of the 
wings. This piece of Elba wreckage, containing the two ADF windows and adjacent 
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material bore the "unmistakable fingerprint of fatigue," and was determined to be the 
first fracture of the Elba crash. 
G-ALYU withstood about 3,060 pressurized "flights," whether in the air or in 
the water tank. The Elba aircraft had experienced 1,290 pressurized flights. The 
Naples aircraft made 900 pressurized flights. All these seemed to indicate a much 
lower fatigue life than the 16,000 successful cycles de Havilland tested. 
Even in the design stage, de Havilland knew that the Comet would be a great 
technological advancement. They were competing to be the first company to offer 
pressurized jet service to the public. Since there was little experience in the design and 
production of pressurized commercial airliners at the time of the Comet development, 
deHavilland placed special emphasis on structural testing. One area of special 
emphasis involved pressure testing of the fuselage at higher than normal pressures. 
Both the International Civil Aviation Organization (ICAO) and the British Civil 
Aircraft Requirements (BCARs), the applicable regulations for any British-made civil 
aircraft of the day, required a design pressure of 2P and a proof test of the fuselage up 
to 1.33P, where "P" is the working pressure difference, or the pressure expected in 
normal flight. For the Comet, P was approximately 8.25 pounds per square inch 
(lbs/in2 or psi). Neither ICAO nor the British authorities were fully aware of all the 
implications and effects of pressurized flight yet, so many regulations remained the 
same for pressurized and unpressurized aircraft, including the fatigue requirements. 
De Havilland significantly exceeded the requirements in their effort to ensure 
the safety of their aircraft. They decided to design the fuselage to withstand up to 2.5P, 
and to proof test it to 2P, instead of just 1.33P. A prototype fuselage was pressurized 
between 1P and 2P approximately 30 times, and then pressurized to "rather over P" 
another 2,000 times. These two tests were to prove the fuselage as an adequate 
pressure vessel as well as to prove its structural integrity. Much later, in the summer of 
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1953 after Comets were already flying, regulations started to be published that 
required further fatigue testing for pressurized fuselages. Consequently, de Havilland 
went back and tested the same prototype fuselage with another 16,000 pressurization 
cycles between zero and 1P to verify its fatigue life. The fuselage finally failed at 
16,000 cycles due to fatigue cracks at the corner of a squarish cabin window. The 
Comet's expected life was only 10,000 cycles, so cracks at 16,000 were not a concern. 
Stress Concentrations at Window Corners. De Havilland ran many tests in pre-
production to prove the safety of the Comet: from pressure tests, to flight tests, to 
stress tests. The extensive proof testing of the fuselage was believed to be hard 
evidence that the Comet was safe. This experiential knowledge gained from actual 
testing bolstered de Havilland's confidence in their analyses. Calculations had been 
made for an average stress "in the neighborhood of the corners" which found the stress 
to be less than half the ultimate strength of the material. De Havilland did not consider 
further stress calculations to be any more accurate than the one already done, and 
preferred to rely on testing as the main evidence for the adequacy of the Comet. 
Following the failure of G-ALYU in the water tank however, more testing revealed 
stress at the window to be significantly higher than that originally determined. The 
testing found high stress concentrations at the window corners. 
A stress concentration is a very localized area of much higher stress than the 
surrounding area. The stress concentrations were high specifically because of the 
squarish shape of the windows and window frames which is very different from the 
round/oval shapes of modern airplane windows. With modern windows, the stress 
flows freely around the curved edges with minimal build up. But with the Comets' 
squarish windows, stress cannot smoothly flow around the abrupt corners. This creates 
stress concentrations. 
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Although any aircraft will have varying levels of stress concentrations, the 
Comet's unique squarish window corners resulted in especially high stress levels. De 
Havilland tested their prototype to 2P, twice the expected operating pressure. The 
pressure overload combined with the very high stress levels at the window corners, 
created stress levels at the concentrations great enough to change the material 
characteristics at these locations. Each time de Havilland increased the pressure load, 
the material characteristics progressively changed. Upon achieving the highest load of 
2P, these locations had fundamentally different material characteristics than a 
production Comet. The process by which the material characteristics changed is called 
cold-working. 
Material Cold-Work Properties. Cold-working is not, in itself, a safety issue. 
The testing to 2P proved the Comet could withstand excessive pressure loads. The 
significant misstep was the decision to perform the fatigue test on the same prototype 
fuselage that had undergone the pressure test and had been cold-worked. The 
prototype fuselage withstood 16,000 cycles before failure, due in large part to the 
fundamentally different material characteristics of the cold-worked material at the 
window corners. This characteristic change actually improved the fatigue properties at 
these locations, which would mask the true fatigue vulnerability of the production 
Comet. An animation describing how the material characteristics can be changed 
through cold-working is available at the following link 
The Comets that crashed at Calcutta, Elba, and Naples, and G-ALYU in the 
water tank, had not undergone proving tests to 2P, nor had any other production 
Comet. These airframes did not have the "benefit" of the application of high loads to 
improve their fatigue characteristics. As a result, the window corners' natural cycles of 
stress would quickly wear out, or fatigue, the material. The fatigue had such a great 
effect on the never-overloaded production fuselages that instead of 16,000 cycles of 
fatigue life, the Comets were only reaching about 1,000 cycles. At the end of their 
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Figure 1.1.4 Reconstruction of the Elba fuselage wreckage recovered. 
And Fatigue Analysis Methods introduced (60’s – 70’s) 
The history of aviation development continued not without errors, so it was 
added Damage Tolerance in 1978 after Dan-Air catastrophe 
1.2. Dan-Air catastrophe 
In Zambia, Africa,on May 14, 1977, a Boeing Model 707-300 aircraft operated 
by Dan-Air, Ltd crashed while landing in Zambia, Africa. The accident occurred in 
daylight and in fine weather. The horizontal stabilizer of the aircraft was found 200 
meters from the wreckage, which indicated the separation of the structure during the 
flight. A study of a broken stabilizer showed that the fail-safe design characteristics 
did not work properly. Further studies showed that structural changes designed to 
statically strengthen the stabilizer structure, as part of the 707-300 design, also caused 
higher than expected fatigue loads and subsequent failure of the stabilizer structure. 
The third flight of the day for the Dan-Air aircraft proceeded normally and without 
incident, until final approach at Lusaka. 
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The flight data recorder provided the following details:  
 At 09:07 hours the co-pilot contacted Lusaka Approach, and at 0911 the aircraft 
was cleared to descend to Flight Level (FL) 110 (11,000 feet altitude). 
 At 09:23 hours the co-pilot reported that the aircraft was leveling at FL 110 at a 
Distance Measuring Equipment (DME) range of 37 nautical miles from Lusaka. 
 At 09:28 hours the co-pilot reported that the airfield was in sight. 
 At 09:29 the co-pilot reported that the airplane was turning downwind. 
 At 09:32:02 the Lusaka Approach controller gave the aircraft a clearance to 
make a visual approach to runway 10. The co-pilot replied "Roger." This was 
the last transmission received from the aircraft. 
 At 09:32:53 hours the readout from the cockpit voice recorder (CVR) indicated 
that 50-degree flaps had been selected. 
 At 09:33:11 the landing checks had been competed. 
Six seconds later, 24 seconds after selection of landing flaps, at 0933:17 hours, a loud 
"break up" noise was recorded with the CVR record terminating five seconds later, at 
0933:22 hours. 
 
Figure 1.2.1 Photo of right hand stabilizer in jig, showing clevis attachments at the 
front and rear spars.Photo taken from accident report 
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Eyewitnesses on the ground observed the Dan-Air flight on what appeared to be a 
normal approach to runway 10 at Lusaka International Airport. They saw a large piece 
of the aircraft structure separate in flight. The aircraft pitched rapidly nose down and 
dived vertically into the ground from a height of about 800 feet, approximately two 
miles short of the runway threshold, and caught fire upon impact. The accident 
occurred in daylight and in good weather. All 6 occupants of the aircraft were killed. 
The complete right side horizontal stabilizer and elevator assembly were found 200 
meters back from the airplane wreckage site, indicating the separation occurred in 
flight prior to the aircraft pitching nose down into its final dive. The cause of the 
stabilizer separation became the focus of the investigation. 
Horizontal Stabilizer Structure.The horizontal stabilizer is a box structure, with the 
forward and aft sides of the box being the front spar and rear spar, respectively. The 
top and bottom surfaces of the stabilizer box are formed by skin structure. The 
stabilizer is attached to the fuselage by lug and clevis attachments at the front and rear 
spars. The center of lift of the horizontal stabilizer is located slightly aft, such that the 
normal load distribution is split between the front spar and rear spar at approximately 
5% and 95%, respectively. 
Aerodynamic Affect of Horizontal Stabilizer Failure 
The diagram below shows the relative locations of aircraft center of gravity, center of 
lift, and balancing tail load of a typical transport category aircraft in flight: 
 The design of transport category aircraft results in a natural tendency to pitch 
the airplane nose down 
 Balance (longitudinal stability) is provided by the downward acting force of the 
horizontal stabilizer 
21 
 Loss of the horizontal stabilizer results in an unbalanced nose-down pitch and 




Figure 1.2.2 Diagram of locations of center gravity, center of lift, and balancing load 
of aircraft 
 
Figure 1.2.3 Diagram of Dan-Air accident, taken from accident report  
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Examination of the detached stabilizer revealed evidence of a fatigue failure of the top 
chord of the rear spar, initiating at the 11th fastener hole, which is used by both the 
rear spar upper chord and upper skin structure. The location of the fastener was 14.25 




Figure 1.2.4 Photo of separation of Dan-
Air right side stabilizer. 
Accident investigation photo. 
 
Figure 1.2.5 Photo of fracture face of 
Dan-Air accident aircraft right side 
horizontal stabilizer. 
Photo taken from accident report. 
The cracking progressed in fatigue over approximately 60% of the chord, and then 
began a series of several tensile jumps, separated by small periods of fatigue. The 
total number of flights between the initiation of the fatigue crack and the final failure 
of the upper chord was estimated by the investigators to have been approximately 
7,200 flights, with 3,500 of the flights being the duration to grow the crack across the 
exposed surface of the top chord. 
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 Failure of the top chord was followed by fracture of the upper web, center chord, 
lower web and lower chord, leading to loss of the stabilizer and loss of control of the 
aircraft. 
The investigation discovered no unique feature leading to the cracking at the 11th 
fastener hole other than high stresses existing in the entire inboard area of the rear 




Figure 1.2.6 Photo of top chord fracture face, with crack progression identified. 
Photo taken from accident report. 
Post-accident inspection of the 707-300 in-service fleet discovered cracking occurring 
in the rear spar upper chord at the 11th fastener in three other aircraft. Cracks were 
also found in other fastener holes on either side of fastener hole 11, from holes 2 to 21. 
In total, cracks were found in 7% of the in-service fleet, equal to 38 of the 521 model 
707-300s in operation. 
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Figure 1.2.7 Photo of fracture face emanating from the 11th fastener 
Photo from accident report. 
 
Figure 1.2.8 Diagram of stress concentration 
Effect of a Fastener Hole in a Tensile Member: "Stress Concentration" 
The top chord of the stabilizer rear spar is loaded in tension. A structural member of 
uniform cross section will have a uniformly distributed tensile stress across the 
section. 
A structural member having a discontinuity, such as a fastener hole, will develop a 
stress field that is larger at the edges of the hole. This means that the stresses are 
higher at the edges of the hole than in the area away from the hole. This phenomenon 
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is called a "stress concentration," and explains one of the causes of cracking typically 
found to occur at the location of the discontinuity. 
Development of the Design of the 707-300 Stabilizer. The Dan-Air aircraft involved in 
this accident was the first model 707-300 produced by The Boeing Company. The 
Boeing 707 began with the KC-135 military transport and includes the 707-100, -200, 
-300, and -400 series of aircraft. The horizontal stabilizer on the early models, the 707-
100 and 200 derivatives, are identical and have rear spars of two-chord design. 
In order to certify the aircraft, the manufacturer demonstrated that the two-chord 
design of the horizontal stabilizer was "fail-safe." That is, with a failure of any single 
structural element, the remaining intact structure could carry the loads anticipated in 
flight. In the case of the horizontal stabilizer, the failure assumed most likely, and most 
critical, was the failure of a single lug. In the case of the early 707 two-chord stabilizer 
design, the Boeing Company demonstrated through a series of dynamic tests that the 
horizontal stabilizer rear spar upper chord could fail, and that the stabilizer loads were 
reacted safely by the stabilizer box and remaining chord attachment. 
The fail-safe philosophy of the 707-100, supported by the testing performed on the 
707-100 two-chord design, was extrapolated to support certification of the 707-300 
horizontal stabilizer. However, there were design differences between the two models 
that made the early tests invalid for the later model. 
When the model 707-300 was developed, the stabilizer assembly was extensively 
redesigned. The stabilizer span was enlarged to increase tail volume. To accommodate 
the resulting increase in loading on the larger tail, the intended fail-safe characteristic 
of the structure was achieved by the addition of a third chord, with a lug and clevis 
attachment point, located at mid-spar depth on the rear spar. 
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Figure 1.2.9 Diagram of horizontal stabilizer structure 
(View Large Diagram) 
The analysis performed on the new three-lug design of the 707-300 assumed the same 
failsafe scenario as was proven during testing of the two-lug stabilizer design of the 
707-100/200: failure of the stabilizer rear spar upper lug. Testing was not performed to 
validate the failure scenario on the three-lug design because it was felt the 737-
100/200 tests were representative. 
For substantiation of the 707-300, Boeing used analysis to show that in the event of the 
upper lug failure the load would be redistributed to the lower two lugs, which would 
be able to carry the flight loads safely. 
Another design change was made to the 707-300 as a result of a discovery made 
during the flight test program. Flight testing indicated that the 707-300 horizontal 
stabilizer lacked sufficient torsional stiffness. In order to correct this deficiency, the 
stabilizer lower aluminum skin was increased in thickness, and a stainless steel plate 
was used to replace a portion of the upper aluminum skin. The location of the stainless 
steel plate is shown as the shaded area on the figure below. 
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 Figure 1.2.10 Diagram of the stabilizer lower aluminum skin thickness 
View Large 
The stainless steel plate was much stiffer than the aluminum structure to which it was 
attached. Without the plate, the aluminum horizontal stabilizer would deflect a certain 
amount under flight loading. With the stainless steel plate riveted to the stabilizer, the 
deflection was less because the steel plate resisted the bending. This bending 
resistance was transferred to the aluminum stabilizer rear spar through higher-than-
expected loading in the fasteners. 
The load increase on the stabilizer that occurred as a result of the stiffening of the skin 
panel led to the development of fatigue cracking in an area outboard of the lug. This 
outboard location, which was not considered to be a likely failure scenario, was not 
analyzed by Boeing. 
These two design changes in the 707-300 relative to the 707-100 (addition of the third 
chord and stainless steel plate) became significant factors leading to the loss of the 
Dan-Air aircraft. 
Post Crash Investigation 
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Figure 1.2.11 Diagram of rear spar fracture 
(View Large Diagram) 
 
 
Figure 1.2.12 Diagram of the horizontal stabilizer load spectrum 
(View Large Diagram) 
Dan-Air 707-300, G-BEBP, Basic Aircraft Information:  
 Investigation of the pilot and co-pilot revealed no anomalies. 
 Aircraft: Manufactured - 1963 
 Total airframe flight hours at time of accident - 47,621 
 Total airframe flight cycles at time of accident - 16,723 
 Flight hours since last C-check - 662 
 Flight cycles since last C-check - 176 
 Dan-Air G-BEBP was the first 707-300 produced by Boeing. 
After the accident, a fail-safe test was performed on a 707-300 horizontal 
stabilizer. The top chord was cut to simulate the fatigue damage on the Dan-Air 
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airplane. During testing, the spar fractured completely at a load approximating 
the load estimated to have been acting on the Dan-Air aircraft at the time of 
approach and stabilizer separation. Application of up elevator during approach 
was shown to produce loads 20% greater than the test failure load. This load 
discrepancy, and the strikingly similar fracture characteristics of the test 
specimen, indicated that the failure occurred as a result of an inability of the 
remaining structure to carry the flight loads subsequent to the fracture of the 
rear spar top chord. 
Widespread Fatigue Damage approach was added in 1998 after Aloha 
catastrophe 
1.3. Aloha catastrophe  
In Maui, HI on April 28, 1988, when flight 243 of Aloha Airlines leveled off at 
level 240 on an inter-island flight from Hilo to Honolulu, an 18-foot section of the 
upper fuselage suddenly left the plane, flipping the stewardess overboard. The captain 
made an emergency descent and headed for Maui, landing on the Maui 02 runway. Of 
the 95 people on board, there was one dead (stewardess) and eight serious injuries 
The National Transportation Safety Council (NTSB) found that the likely cause 
of the accident was the failure of the Aloha Airlines maintenance program to detect 
significant disconnection and fatigue damage to the fuselage skin knees. 
Limit of Validity and Damage  Tolerance of Repairs was added to design philisophi in 
2010. 
2.  A CRACK IN A STRUCTURE 
 
2.1. STRESS AT THE CRACK TIP 
In calculating the strength of structural elements and structures with cracks, the 
starting point is to study the distribution of stresses and strains that arise in them under 
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the action of applied loads. Of particular interest is the region in the immediate vicinity 
of the crack tip, since the state P. occurs in it. Within the framework of linear fracture 
mechanics, which proceeds from the model of a perfectly elastic body and represents a 
crack as a section of zero thickness, whose surfaces are free of stresses, the problem 
under consideration reduces to boundary value problem of the theory of elasticity 
 
  
I - Opening mode II - Sliding mode III - Tearing mode 
Fig. 2.1.1  The three modes of cracking 
In the most general case, the distribution of deformations in the vicinity of an 
arbitrary point of the crack contour can be represented as a superposition of three 
particular types of deformation (Fig. 2.1.1), corresponding to the three main types of 
displacement of the crack surfaces: normal detachment (I), transverse (II), and 
longitudinal ( Iii) shifts. The first type is associated with the normal displacement of 
the crack surfaces in mutually opposite directions; the second corresponds to 
displacements in which the surface of the crack glides along each other in the direction 
perpendicular to its front (z axis). 
Consider a through crack of type I with a length of 2l in an infinite plate, as 
shown in Fig. 2.1.2 
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Fig. 2.1.2  Endless plate crack 
The plate is under the action of tensile stress σ, which is caused by forces applied 
at infinity. The dxdy element of the plate, located at a distance r from the crack tip and 
making an angle θ with the plane of the crack, is affected by normal stresses σx and σy, 
acting in the x and y directions and tangential stress τxy. It can be shown that these 




In the elastic case, the stresses indicated in (2.1.1) are proportional to the external 
stress σ. Their values are proportional to the square root of the crack size and tend to 
infinity at the crack tip when r vanishes. The dependence of σy on r for θ =  0 is shown 





Fig. 2.1.2  Elastic stress σy at the crack tip. 
 
For large values of r, the quantity σy tends to zero, while it should tend to σ. 
Obviously, equations (2.1.1) are valid only in a limited region - near the crack tip. 
Each of the equations is the first member of the series. 
In the vicinity of the crack tip, these first terms describe the stress fields quite 
accurately, since the other terms are small compared to them. At large distances from 
the crack tip, a larger number of terms should be introduced into the equations. 
In equations (2.1.1), the coordinate functions r and θ have a simple form. In a 
generalized form, these equations can be written as follows: 
 
,  where   
The KI coefficient is called the stress intensity factor (SIF), where the index I 
denotes the type of failure I. When the SIF is known, the stress field at the crack tip is 
completely defined. 







Thus, the stress field is determined by the stress intensity factor. This factor also 
determines what happens inside the ductility zone. KI is a measure of all stresses and 
strains. When stresses and strains at the crack tip reach critical values, the crack 
expands. Power criterion J.R. Irvina beginning crack growth has the form: 
K = Kc 
This means that when KI reaches a critical KIC value, destruction will occur. It 
can be assumed that KIC is a material constant, a critical value of the stress intensity 
factor at the time of failure: 
 
Expression (2.1.5) for the stress intensity factor is valid only for an infinite plate. 
For a plate of finite dimensions, this formula takes the form:  
 
where W is the width of the plate. To determine the KIC, it is necessary to know 
the function f (l / W). Of course, f (l / W) tends to unity for small values of l / W. The 
true KIC value can be obtained empirically only if the displacements of the plate 
points perpendicular to its plane are sufficiently small, i.e., when the plate has a 
sufficient thickness. In the case of flat stress, the critical SIN value will depend on the 
thickness of the plate. Stress intensity factors are usually presented as 
 





2.2. STRESS INTENSITY FACTOR 
The calculation of the body on the durability is inextricably linked with the 










inspection of dangerous points, but also for vessels for simple materials, which are 
based on different criteria of the following dangerous states. For many other bodies, 
the determination of the stress-strain state at a dangerous point is intended to derive the 
coefficients that create, which are the ratio of the maximum value, which are either 
components subject to the corresponding nominal value and thus equalized by 
dimensionless numbers. 
In the presence of a crack in the body to judge the nature of its possible spread and, 
accordingly, the strength of the body also requires knowledge of the ensely deformed 
state in the region of the crack tip. However, this problem differs from the usual 
problem of determining the coefficient of stress concentration in that the linearized 
formulation of boundary conditions and the physically linear theory of elasticity lead 
to infinite stresses near the vertex. In this case, the concept of the stress concentration 
coefficient is meaningless. The pattern of stress and strain distribution in the vicinity 
of the crack tip does not depend on the crack length, body shape, and the scheme of 
operating loads [2]. The intensity of this asymptotic distribution is determined only by 
the stress intensity factor (SIF) K, which does not depend on the coordinates of the 
points near the vertex. Therefore, the processes of material destruction occur and are 
determined by the intensity of the stress field surrounding the crack, and are 
characterized by SIF. In contrast to the concentration coefficient, the SIF is a 
dimension ([K] = Pa · m1 / 2]). 
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2.3. GRIFFITH – OROWAN – IRWIN CONCEPT 
It was originally believed that the theory of A.A. Griffiths is applicable only to 
fragile materials such as glass. Its use for other materials, such as, for example, metals, 
was hindered by the fact that their destruction is always accompanied by plastic 
deformations in the prefracture zone - in a more or less extensive neighborhood of the 
tip of the crack. Hungarian scientist E.O. Orovan, conducting experiments on plates of 
mild steel with cracking, clearly saw how such deformations occur. E.O. Orovan noted 
that plastic deformation is concentrated in a thin layer near the surface of the crack. 
This behavior has been called quasibrittle. 
E.O. Orovan and J.R. Irwin proposed to take into account the plastic work in the 
framework of the same scheme A.A. Griffiths, assigning a broader meaning to surface 
energy and replace γ with the sum (γ+γp), where γp  is the work of plastic deformation 
during the formation of a surface unit. 
Of course, due to the irreversibility of γp, now we can only speak of crack growth. 
It is important to emphasize that for metals γp >>γ. For example, for steel γP≈103γ. It is 
such significant plastic work that provides good resistance of metals to brittle fracture. 
Now the formula is A.A. Griffiths (2.1.7) can be rewritten as:  
 
It follows from (2.9) that, as before,  
 = const 
Thus, the concept of quasi-brittle fracture E.O. Orovan and J.R. Irvina was a 
major contribution to the mechanics of fracture and allowed me to switch from an 







3. EXISTING DESIGN AND CONCEPTS 
Boeing 747 and Airbus A380 design.  
 
Fig. 3.1 – Airbus A380 and Boeing-747 fuselage cross sections. [6] 
The Segregated Pressure Shell Concept 
 
Fig. 3.2 – Illustration for Segregated Pressure Shell. [7] 
 
Area Efficiency 87% Area Efficiency 84% 
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Oval Shape with a bigger horizontal axis. 
 
Fig. 3.3 – Illustration for the “Horizontal Oval” concept.[7] 
 
 
Fig. 3.1 – Effective Area Comparison for different Design Concepts [7] 
Conclusions 
Design and concepts provided show that the most efficient from the area usage 
efficiency usage standpoint is the A380 one. It is already developed, so there are a lot 
less problems with analysis methods and manufacturing issues. Segregated pressure 
shell and Horizontal Oval may show higher efficiency but are less investigated. Issues 
with Design, Certification and Manufacturing could pop up, so it is better to stuck with 
a 747-like concept. Moreover, the results of thes Job will be more easily adapted for 
the actual structure. 
Area Efficiency 76% 
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4. DESIGNING THE FRAME 
Design is performed using iterative approach with usage of a trial cross section frame 
model.  
4.1. Initial Model 
The approach to design is as follows:  
 Accept some single cross sectional initial size 
 Run a static analysis in order to investigate static strength (iteratively) 
 Run check analysis for fatigue and crack growth. 
 
Figure 4.1.1 – Illustration for the trial cross section [8] 
Frame web and inner chord is made of aluminum 2024-T42. 
Innecr chord is out of 7075-T62  
Floor beams material stiffenss simulated onlwith Young Modulus and Poisson Ratio 
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Figure 4.1.2 – 2024-T42 Properties [9] 
 
Figure 4.1.2 – 7075-T62 properties [10] 
 
4.2. Loads and boundary conditions 
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The highest impact onto the load stress makes pressure differential. FAR-25.365 
requires pressurized structure to withstand 1.33 pressure relief valve setting. Usual 
valve setting is 1.5x[Normal Pressure Differential] = 1.5x7.5 psi. 
Considering that, Ultimate pressure differential is to be 15 psi.  
One node was fixed in order to avoid mechanism. 
 
Fuselage Frame Load 
Figure 4.2.1 – Fuselage frame FEM uniform pressure load. 
For a non-cylinder fuselage, pressurization makes the biggest impact to it’s stress state. 
Thus, simplification of loading will not significantly change the structure’s response. It 
was substantiated earlier that pressure level has to be equal 15 psi. The model with the 
applied uniformly distributed pressure is shown. 
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4.3. Static analysis result 
 
 Figure 4.3.1 – First stage (initial model) FEA 
Initial model analysis shows high Von Mises stresses due to inappropriate rigidity 




Figure 4.3.2 – Second stage static analysis 
Maximum stress lowered but still higher than the allowable. Third iteration required 
 
 
Figure 4.3.2 – Third (final) Stage static anslysis 
Maximum stress lower then the allowable stress of 34,1 ksi 
MS = (36.3/34)-1= 0.068=6.8% 
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5. FATIGUE AND CRACK GROWTH ANALYSIS 
Typical frame section was analyzed for Fatigue and Crack Growth. Inner chord 
analyzed as most critical. 
 















Figure 5.2 - Fatigue Analysis Result 
 
Initial Crack = d+2t =  0,197 W =  1 
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d =  0,125 t =  0,036 
 
Stage Crack Length 2a 2a/D Cfactor N 
1 0,197 1,576 1,537 0 
2 0,202 1,616 1,567894 3734 
3 0,207 1,656 1,615402 7358 
4 0,212 1,696 1,680994 10946 
5 0,217 1,736 1,766742 14499 
6 0,222 1,776 1,875432 18016 
7 0,227 1,816 2,010717 21499 
Figure 5.3 – First crack configuration analysis 
 
Initial Crack = d+2t = 0,197 W =  1 
 
d =  0,125 t =  0,036 
 
Stage Crack Length 2a 
2a/D 
(ref. only) Cfactor N 
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7 0,227 1,816 2 21499 
8 0,232 1,856 2,131642 22218 
9 0,237 1,896 2,290124 22935 
10 0,242 1,936 2,480072 23651 
11 0,247 1,976 2,707262 24366 
12 0,252 2,016 2,978905 25078 
13 0,257 2,056 3,304026 25788 
14 0,262 2,096 3,69395 26496 
15 0,267 2,136 4,01034 27201 
Figure 5.4 – Second crack configuration analysis 
 
Initial Crack = d+2t =  0,197 W =  1 
 
d =  0,125 t =  0,036 
 
Stage Crack Length 2a 2a/D (reference only) Cfactor N 
15 0,267 2,136 4 27201 
16 0,307 2,456 4,213887 27905 
47 
17 0,347 2,776 4,425364 28607 
18 0,387 3,096 4,635949 29308 
19 0,427 3,416 4,846783 30008 
20 0,467 3,736 5,058754 30706 
21 0,507 4,056 5,272579 31402 
22 0,547 4,376 5,488851 32097 
23 0,587 4,696 5,708074 32791 
24 0,627 5,016 5,988457 33482 




The developed calculation method is universal for any aircraft structure and allows one 
to calculate crack growth using modern FEM packages that cannot predict crack 
growth, but can find the stress intensity factor at the crack tip, thus fully determining 
its behavior. 
If you have the above data set, you can develop a calculation package that will predict 
crack behavior, which is very relevant for the analysis of modern aircraft structures 
Project idea Possible usage Perspectives for 
customers 
 
Providing services for 
arrow-body fuselage frame 





Aerospace   
1)Precise fatigue life and 
crack propagaiton 
2) Lower investigation 
costs 










The structure designed shows positive static MS, is capable to withstand the DSO and 
no critical cracking during the inspection interval. High localized stiffness leads to 
extensive stress concentration, which causes early cracking. Thus, it is necessary to 
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